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Computational Evaluation of Quiet Tunnel Hypersonic
Boundary-Layer Stability Experiments

Melissa L. Manning∗ and Ndaona Chokani†

North Carolina State University, Raleigh, North Carolina 27695

A computational assessment of two stability experiments conducted in the NASA Langley Research Center
Nozzle Test Chamber equipped with the axisymmetric Mach 6 quiet nozzle is conducted. Navier–Stokes anal-
ysis of the mean flow and linear stability theory analysis of boundary-layer disturbances are performed. The
computations show that adverse pressure gradient and wall cooling decrease the boundary-layer thickness and
increase the frequency and amplification rate of the unstable second-mode disturbances; these findings are consis-
tent with the experimental observations. The calculated surface pressure, wall temperature, and boundary-layer
thickness distributions show very good overall agreement with experimental measurements. Comparisons between
boundary-layer profiles derived from the calibrated hot-wire data and the mean flow computations show excellent
agreement in the early stages of the transitional flow. However, examination of the wire Reynolds number and
mass flux and total temperature eigenfunction profiles suggest that the mixed-mode sensitivity of the hot wire is
complex. Thus, whereas uncalibrated hot-wire measurements are useful to characterize the qualitative features of
the flow, calibrated hot-wire measurements are essential for quantitative comparison with stability theory.

Nomenclature
A, B = coefficients in equation for hot-wire time constant
aw = overheat of hot wire
cw = specific heat of hot wire
d = diameter of hot wire
e = voltage
E, F = flux vectors
E0 = total energy
f = frequency
i =

√−1
J = Jacobian
ka = thermal conductivity of air
Mw = hot-wire time constant
P, p = pressure
q = flow variable
Re = Reynolds number
Rw = resistance of hot wire
S = source vector
Sρu, ST o = sensitivity coefficients
s = Laplace transform operator
T = temperature
Tc = hardware time constant of constant voltage

anemometer
t = time
u = streamwise velocity
Vs = anemometer output voltage
v = streamwise normal velocity
w = spanwise velocity
x = distance along axis measured from model apex
y = surface normal distance measured

from model surface
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α = streamwise wave number
αi = amplification rate
β = spanwise wave number
δ = boundary-layer thickness
ζ = spanwise transformed coordinate
η = surface normal transformed coordinate
ξ = streamwise transformed coordinate
ρ = density
φ = vector of disturbance variables
ω = disturbance frequency

Subscripts

e = boundary-layer edge
I = inviscid
rms = root mean square
V = viscous
w = wire
0 = total or stagnation conditions
∞ = conditions in the freestream

Superscripts

T = transpose of matrix
′ = fluctuation

ˆ = vector of conserved or flux variables
˜ = eigenfunction
- = mean component

Introduction

T HE location and extent of boundary-layer transition is a ma-
jor issue in the design of hypersonic atmospheric and reentry

vehicles. The nature of the boundary layer over the vehicle affects
the aerodynamic performance of the vehicle, as well as the ther-
mal protection and propulsion system requirements. In hypersonic
flight, vehicles experience much higher skin friction and surface heat
transfer due to transitional and turbulent boundary-layer flow than
for laminar boundary-layer flow. Therefore, the delay of transition
can result in significant drag reduction and can greatly reduce aero-
dynamic heating loads. For example, on a streamlined vehicle, the
viscous drag can be 10% of the overall drag for fully laminar flow
compared to 30% for fully turbulent.1 Thus, there is a fundamen-
tal need for accurate laminar to turbulent boundary-layer transition
prediction tools to improve vehicle design at hypersonic speeds.
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Laminar to turbulent boundary-layer transition is a multistage
process, which is initiated from an external disturbance field. This
external disturbance field is internalized in the boundary layer,
and then stages of linear and nonlinear growth of the internalized
disturbances follow, before the onset of transition. In high-Mach-
number boundary layers, the internalized disturbances are high-
frequency, acoustical-type disturbances known as second-mode
disturbances.2,3 Acoustic disturbances are the primary source of the
freestream disturbances in conventional high-speed wind tunnels.
The acoustic disturbances, which radiate along Mach lines, emanate
from convecting eddies in the turbulent boundary layer on the nozzle
walls and are, thus, wind-tunnel specific. The disturbances interact
with the boundary layer on the model and can contribute to early
transition.4,5 To obtain stability measurements that are indicative of
free-flight conditions, wind tunnels with very low freestream dis-
turbance environments, so-called quiet wind tunnels, are required.
In a quiet wind tunnel, the freestream disturbance noise is brought
to low levels by a number of design features, including wall suction
just upstream of the throat and a well-designed nozzle expansion
section.6 As a result of the quiet wind-tunnel modifications, laminar
boundary-layer flow is extended farther downstream on the nozzle
walls, and low freestream acoustic disturbance levels are achieved
in the test section. Since the early 1980s NASA Langley Research
Center has pioneered the development of the quiet nozzle design.
In the 1990s, a series of three pioneering hypersonic quiet-tunnel
boundary-layer stability experiments were conducted; two of these
experiments are studied in this work. Lachowicz and Chokani7 de-
tailed the growth of disturbances on a flared cone at 0-deg angle of
attack. Blanchard and Selby8 examined the effect of wall cooling
on the evolution of disturbances into a nearly turbulent flow. When
taken together, these experiments provided the first opportunity to
examine the effects of adverse pressure gradient and wall cooling
on boundary-layer stability in a hypersonic quiet tunnel.

Hot-wire anemometry is used to characterize the evolution of the
pretransitional boundary-layer disturbances. Though the hot wire
is intrusive, local spatial measurements of fluctuations in the flow
can be readily obtained. A hot wire operated by a constant voltage
anemometer9 was used by Lachowicz and Chokani7 and Blanchard
and Selby.8 In comparison to the more conventional constant current
and constant temperature anemometers, only the constant voltage
anemometer (CVA) provided the ability to obtain measurable signals
in the electromagnetic interference environment of the Mach 6 quiet-
tunnel facility. In a hypersonic flow, the hot wire operated by an
anemometer responds to a mixed mode that has both mass flux and
total temperature components:

e′/ē = Sρu[(ρu)′/ρ̄ū] + ST0(T ′
0/T̄0) (1)

The sensitivity coefficients are commonly determined through a
hot-wire calibration.10 However, Lachowicz et al.11 observed that
the CVA-operated hot wire is more sensitive to mass flux when the
hot wire is operated in high-overheat mode and more sensitive to to-
tal temperature when the hot wire is operated in low-overheat mode.
This feature was exploited by Blanchard and Selby8 and Lachowicz
and Chokani,7 who primarily obtained uncalibrated high-overheat
mode hot-wire measurements of the boundary-layer fluctuations.
However, in the study by Lachowicz and Chokani,7 a calibration
was performed for one of the hot wires, and boundary-layer mea-
surements were obtained using this hot wire. The objective of this
paper is to assess the overall quality of the experimental measure-
ments, in particular the CVA-operated hot-wire measurements, ob-
tained in the quiet-tunnel experiments. This assessment is of value
in the development of future quiet wind-tunnel hypersonic stability
experiments.

Quiet Wind-Tunnel Experiments
The two boundary-layer stability experiments examined in this

work were conducted in the NASA Langley Research Center’s
Nozzle Test Chamber Facility installed with the Mach 6 axisym-
metric quiet nozzle. This is an open-jet blowdown facility. A tunnel
stagnation temperature of 810 ± 3◦R (450 ± 1.7 K), a total pressure

Fig. 1 Cone-flare 91–6 model and dimensions, from Ref. 8; dimensions
in inches.

Fig. 2 Cone-flare 93–10 model and dimensions, from Ref. 7;
dimensions in inches.

of 130 ± 2 psia (896.3 ± 13.8 kPa), and a freestream Mach num-
ber of 5.91 ± 0.08 are used. These conditions correspond to a unit
Reynolds number of 2.82 × 106/ft (9.25 × 106/m).

Two flared-cone configurations are examined in this work. Both
models have a straight, 5-deg. half-angle section that tangentially
merges into a flared region. The tangent circular arc flare produces a
nearly linear adverse pressure gradient.12 The effect of the adverse
pressure gradient and wall cooling on the onset of transition for the
two flared-cone configurations, as determined from the N factor, is
presented in Ref. 12. Wilkinson12 also presents a comparison of the
computationally inferred N factors and the N factors derived from
experiment; this comparison shows that transition onset is observed
on the models. Without the pressure gradient, transition could not
have been attained within the limited quiet flow Reynolds number
range of the facility (see Ref. 13).

The model used by Blanchard and Selby8 consists of a 6-in.
(15.25-cm) straight portion followed by a 12-in. (30.5-cm) outward
flared region with a 91.44-in. (232.2-cm) radius of curvature (Fig. 1).
This configuration is denoted 91–6 referring to the approximate ra-
dius of the circular flare arc and the location of the tangency point,
respectively. The cone is thin walled and is equipped with internal
passages for active surface cooling; the cone tip is not cooled. Nom-
inally adiabatic-wall and cooled-wall (465◦R; 258 K)-temperature
conditions are examined for the 91–6 model. The thin-walled cone
model used by Lachowicz and Chokani,7 configuration 93–10, con-
sists of a 10-in. (25.4-cm) straight portion followed by a 10-in. flared
region with a 93.07-in. (236.4-cm) radius of curvature (Fig. 2). This
cone-flare configuration results in a smaller adverse pressure gra-
dient applied over a smaller extent of the model than for the 91–6
model. Only adiabatic-wall conditions are examined for the 93–
10 model. Hot-wire measurements were obtained at 31 streamwise
stations over the range 9.0 ≤ x ≤ 16.5 in. (22.9 ≤ x ≤ 41.9 cm) on
the 91–6 model. For the 93–10 model, hot-wire measurements were
obtained over the range 11.0 ≤ x ≤ 19.0 in. (27.9 ≤ x ≤ 48.3 cm).

Computational Methods
The computational procedure for this work consists of two parts:

calculation of a mean flow solution and linear stability analysis.
Smooth profiles of the first and second derivatives of velocity and
temperature must be obtained on a well-resolved grid for linear sta-
bility analysis to capture instabilities accurately in the flow.14 A stan-
dard transfinite interpolation algebraic method is used to generate
the grid. In the streamwise direction, grid points are spaced equally
between the model tip and base. A one-sided, geometric progression
spacing algorithm is used to distribute points in the surface-normal
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Table 1 Description of cases for grid refinement study on 91–6 model

Grid spacing x = 0 in. Grid spacing x = 18 in.
Number of points Grid

Case in boundary layer dimensions ηmin × 10−6 ηmax × 10−4 ηmin × 10−5 ηmax × 10−3

1 40 241 × 145 9.93 9.80 9.60 9.70
2 45 241 × 225 9.99 2.10 8.80 1.29
3 90 241 × 225 9.89 2.10 0.90 2.48
4 105 241 × 225 9.77 2.12 0.90 5.39

direction, and the minimum wall spacing is specified. The number
of points located within the boundary layer is also specified. A grid
refinement study was conducted to evaluate the smoothness of the
velocity and temperature derivatives with respect to the overall grid
dimensions and grid clustering within the boundary layer. Table 1
summarizes the description of the grids that were used in the grid
refinement study conducted on the 91–6 cone. Once the optimal
grid was determined for the 91–6 cone, similar grid dimensions and
spacings were used for the 93–10 cone. More complete details are
presented in Ref. 15. The mean flow solution was then postprocessed
and used in the linear stability analysis.

Mean Flow Analysis
The mean flow analysis is conducted using a Navier–Stokes code

written by Edwards.16−18 The governing equations of the mean flow
are the axisymmetric compressible Navier–Stokes equations. These
equations, written in strong conservation-law form using curvilinear,
axisymmetric coordinates, are given by

∂Û
∂t

+ ∂(ÊI − ÊV )

∂ξ
+ ∂(F̂I − F̂V )

∂η
= Ŝ (2)

The vector of conserved variables is given by

Û = (y/J )(ρ, ρu, ρv, E0)
T (3)

The equations are marched in time, using a nonlinear line Gauss–
Seidel approach (see Ref. 16). An implicit full-multigrid/full-
approximation-storage technique is used to accelerate the conver-
gence to a steady state.17 The inviscid components of the Navier–
Stokes equation set are discretized using an upwind scheme. A high-
resolution, low-diffusion, flux-splitting approach, which combines
the accuracy of flux-difference splitting in the capturing of shear lay-
ers with the robustness of flux-vector splitting, is employed.18 In this
approach, the inviscid flux at a cell interface is split into a convective
contribution, which is upwinded in the direction of the flow, and a
pressure contribution, which is upwinded based on acoustic con-
siderations. The monotone capturing of strong oblique shock waves
that are not aligned with a mesh line is accomplished by constraining
the cell interfaces to behave as a stationary contact discontinuity for
vanishing numerical diffusion. The upwind scheme is second-order
accurate. The viscous components of the Navier–Stokes equations
are central differenced to second-order accuracy.

At the cone wall, no-slip boundary conditions are applied; in ad-
dition, either adiabatic- or isothermal-wall conditions are applied.
At the top boundary, freestream conditions are imposed, and a zero-
gradient condition is imposed on all variables. Freestream super-
sonic conditions are applied at the inflow, and first-order supersonic
characteristic boundary conditions are imposed at the outflow. The
run time is less than 5 min of CPU on a Cray T-90.

Linear Stability Analysis
Linear stability analysis is performed using the quasi-parallel,

spatial stability theory code written by Hudson et al.19 The code
was developed for stability analysis in two and three dimensions
of perfect and thermochemical nonequilibrium gas flows; first- and
second-mode disturbances may be modeled. For the present work,
second-mode disturbances in perfect gas flow are analyzed. To for-
mulate the linear stability equations, each flow variable is first sep-
arated into a mean and fluctuating component. These equations are

substituted into the governing equations (2), and the resulting equa-
tions are linearized. Linearity assumes that there are no interactions
between the disturbances and, thus, only the second-mode distur-
bance is predicted. The mean flow is then subtracted from the lin-
earized equations. A quasi-parallel flow assumption is imposed such
that the mean flow quantities at a given location depend only on the
surface-normal distance from the wall. The fluctuating quantities are
assumed to be small amplitude harmonic waveforms of the form

q ′(ξ, η, ζ, t) = q̃(η) exp[ι(αξ + βζ − ωt)] (4)

The spatial growth of a two-dimensional disturbance is examined
such that the frequency is real, the streamwise wave number is com-
plex, and the spanwise wave number is nonzero. When Eq. (4) is
substituted into Eq. (2) for the fluctuating quantities, it can be shown
that the linear disturbances satisfy the following system of ordinary
differential equations:(

A
d2

dy2
+ B

d

dy
+ C

)
φ = 0 (5)

where A, B, and C are 5 × 5 matrices whose nonzero elements are
given by Malik20 and

φ = (u′, v′, p′, T ′, w′)T (6)

A no-slip wall boundary condition is assumed such that the ve-
locity fluctuations are zero at the cone surface. The temperature
fluctuations are also assumed to be zero at the wall due to the ther-
mal inertia of the cone. All velocity disturbances, except in the y
direction, and temperature disturbances are assumed to be zero in
the freestream.20 Thus, the boundary conditions are

u′ = v′ = T ′ = w′ = 0 at y = 0

u′ = T ′ = w′ = 0 at y = ∞ (7)

The pressure is calculated using the momentum equation.
The numerical methods used to solve the eigenvalue problem

employ global and local methods, depending on the availability
of an initial eigenvalue guess.21 When no guess is available, the
global approach is employed wherein a spectrum of eigenvalues of
the discretized differential equation is obtained and then filtered to
determine the most unstable eigenvalue. The local approach is then
employed to improve on the approximate eigenvalue obtained from
the global method. Standard matrix eigenvalue problem algorithms
are employed for the global methods, whereas iterative solution
algorithms are used for the local method. The run time for a global
and local solution for one frequency is less than 2 min of CPU on a
Cray T-90.

Results and Discussion
The effects of wall cooling are examined from the adiabatic-

and cooled-wall conditions on the 91–6 model. The effects of ad-
verse pressure gradient are examined by comparing the 91–6 and
93–10 models under adiabatic-wall conditions. In the following, the
results of the grid refinement study are first presented. Next, the pres-
sure gradient and wall-cooling effects are first examined in terms
of the computed mean flow profiles of velocity, mass flux, and total
temperature. Then, the mean flow profiles are compared with avail-
able experimental data. Next, amplification rate calculations from
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Fig. 3a Effect of grid spacing on velocity profiles; x = 9 in.

Fig. 3b Effect of grid spacing on first derivative of velocity profiles;
x = 9 in.

Fig. 3c Effect of grid spacing on generalized inflection point profiles;
x = 9 in.

linear stability theory (LST) are presented to examine the effects of
pressure gradient and wall cooling on the boundary-layer stability.
The response of the uncalibrated hot wire to boundary-layer fluc-
tuations are examined. Recommendations for future quiet-tunnel
experiments are also presented.

It is essential to have smoothness in the profiles of the first and
second derivatives of the mean flow variables to ensure accuracy in
the linear stability results.14 The profiles of the velocity, first deriva-
tive of velocity, and the generalized inflection point for the four cases
examined in the 91–6 grid refinement study are presented in Fig. 3.
Figure 3 confirms the smoothness of the profiles and also shows that
the mean flow solutions on the two finest grids (cases 3 and 4) are
grid independent; the results to be presented use case 4, which has
241 × 225 points in the streamwise and surface-normal directions.
Similar dimensions were chosen for the 93–10 model (Table 2).

The hot wire is sensitive to mass flux and total temperature fluctu-
ations, and the sensitivity coefficients of the hot wire are a function
of the mean flow. Thus, the hot-wire calibration, that is, the deter-
mination of the sensitivity coefficients, must account for the mean
total temperature and mean mass flux range within the measurement
region. The value of the mean mass flux profile for the 91–6 model
varies from 0 to 1.7 times the freestream value over the height of the
boundary layer, as seen in Fig. 4; the variation for the 93–10 model
is slightly smaller. The total temperature profiles for the 91–6 and
93–10 models are shown in Fig. 5. The total temperature variation
through the boundary layer is much larger for the cooled-wall case
than for the adiabatic-wall cases. Figures 4 and 5 shows that the
hot-wire calibration for measurements through the boundary layer
must cover a wide range of mass flux and total temperature. Also,
for the case of the cooled wall, the hot wire must be calibrated over a
wider range of total temperature than for the adiabatic wall. Further-
more, for both the adiabatic- and cooled-wall cases, the overshoot
in total temperature at the boundary-layer edge necessitates hot-
wire calibration at temperatures in excess of the freestream total
temperature value. This wide range of parameters can most effi-
ciently and economically be obtained by performing the hot-wire

Table 2 Grid spacing for 93–10 model

Parameter Value

Number of points in boundary layer 85
Grid dimensions 241 × 225
Grid spacing x = 0 in.

ηmin × 10−7 9.91
ηmax × 10−4 3.88

Grid spacing x = 20 in.
ηmin × 10−5 4.90
ηmax × 10−3 4.53

Fig. 4 Mass flux profiles at x = 11 in.
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Fig. 5 Total temperature profiles at x = 11 in.

Fig. 6 Boundary-layer thickness distribution.

calibration in a small (nozzle exit diameter 1.5–2.0 in.) calibration
tunnel rather than in the relatively large (nozzle exit diameter 7.9 in.)
Mach 6 axisymmetric quiet nozzle. Specifically, although their range
of operations may be the same, the mass flow requirement of the
small-calibration tunnel compared to the Mach 6 quiet nozzle is re-
duced by the ratio of the square of the diameters; additionally, the
heating requirements for control of total temperature are less.

Figure 6 shows a comparison of the predicted and experimentally
determined boundary-layer thickness distributions. In the 91–6 ex-
periment the boundary-layer thickness was determined using two
methods.7 In the first method, denoted Rw data, the boundary-layer
thickness is determined as the value of y, where the resistance of
the hot wire, operated in its low-overheat mode, is the same as the
resistance at the outer edge. In the second method, the Vs,mean data,
the boundary-layer thickness is the value of y where the mean volt-
age of the hot wire, operated in its high-overheat mode, is 99% of its
value at the boundary-layer edge. In the calculations, the boundary-
layer thickness is specified as the location where the vorticity is less
than 0.04% of the maximum vorticity; this value is then bounded
by the criterion that the local velocity is 99.5% of the freestream
velocity.14 Overall, the computed boundary-layer thickness results
for the 91–6 adiabatic model show slightly better agreement with ex-
perimental results than the 91–6 cooled-model calculations. For the
adiabatic model, it is seen that upstream of x = 15 in. the predicted
boundary-layer thickness and the experimental measurements agree
within 3%. Chokani22,23 has shown that at x = 12 in. nonlinear

effects begin to become important and by x = 13 in. dominate the
interactions in the boundary layer for the 91–6 model. Downstream
of x = 15 in. for the adiabatic model, different trends are indicated
by the experiment and computation; for the cooled model, this dif-
ference is first observed at x = 13 in. The difference in trends down-
stream of x = 15 in. (adiabatic model) and x = 13 in. (cooled model)
are thought to occur because the computed flow is wholly laminar,
whereas in the experiment the flow is transitional. A comparison
between measured and computed boundary-layer thickness distri-
butions for the 93–10 model is also shown. Because of the more
adverse pressure gradient, the 91–6 model has a thinner boundary-
layer than the 93–10 model. In the experiment, the boundary-layer
thickness on the 93–10 model was determined as the location where
the output voltage of the CVA, operated in low-overheat mode, is
99.5% of the value farthest from the wall.8 Upstream of x = 15 in.,
the agreement between the experimental measurements and the cal-
culation is within 1%. Downstream of x = 15 in., the computed flow
is laminar, whereas the actual flow is now transitional and a larger
difference is seen. In summary, the boundary-layer thickness de-
termined experimentally using three different criteria are compared
with one criterion from the computations. The experimental crite-
rion that is based on the anemometer output voltage, in low-overheat
mode, shows the best agreement with the computations.

Figure 7 shows a comparison of the wall static pressure. The
91–6 calculations agree very well with the experimental data. The
small differences between the experiment and calculation possibly
arise from model misalignment. The pressure distributions for the
93–10 adiabatic model are also shown in Fig. 7. Good agreement
is seen between the experiment and calculation and the difference
is within 6%. Overall there are only small differences between the
experiment and computation. However, Doggett et al.,24 using the
93–10 model, have shown that even small angles of attack can have a
marked effect on the boundary-layer stability. In future experiments,
it may be useful to conduct pressure measurements along a 180-deg
out-of-phase ray, preferably within a single tunnel run, to assess the
possible effects of model misalignment.

The computed and experimentally measured temperature dis-
tributions for the 93–10 and 91–6 models are shown in Fig. 8.
Lachowicz and Chokani7 qualitatively observed that nonlinear in-
teractions of the boundary-layer disturbances are first observed at
x = 15 in. for the 93–10 model. Upstream of x = 15 in., the com-
putational and experimental results agree within 1%. The rise in
temperature occurs farther downstream on the 93–10 model com-
pared to the 91–6 model (x = 12 in.) due to the smaller adverse
pressure gradient on the 93–10 model. The rise in the measured
temperature at x = 12 in. for the 91–6 adiabatic model is due to the
transitional nature of the boundary layer. Upstream of this location,
the predictions and experiment are in very good agreement, within

Fig. 7 Surface pressure distribution.
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Fig. 8 Temperature distribution.

Fig. 9 Effect of wall temperature on boundary-layer thickness;
91–6 model.

3% of each other. A discrepancy between the experiment and com-
putations on the cooled model is observed upstream of x = 6 in. The
computational results are obtained for a constant wall temperature.
However, the tip of the thin-walled cone model is not cooled. There-
fore, a temperature gradient exists between the relatively hot tip and
the cooler thin wall downstream of the leading-edge region. A uni-
form wall temperature is not achieved until x = 7 in. In the range of
7 ≤ x ≤ 12 in., the calculated and measured results agree to within
1%. The differences between the experimental and computational
results downstream of x = 12 in. are due to the onset of transition. In
addition to the transitional nature of the boundary layer in the exper-
iment, there are other possible sources for the differences between
experiment and computation. In the experiment, a preheat proce-
dure is used to bring the nozzle and model into thermal equilibrium.
Following preheat, the hypersonic flow is started, and the measure-
ments are subsequently taken. If adiabatic-wall conditions are not
achieved, this may be a source of some discrepancy. However the
careful attention to this preheat procedure minimized the likelihood
that this is a source of error.7 A second possible source of error is
that the cone tip is solid, whereas the cone wall is thin. Thus, for
the case of the adiabatic wall, where the wall normal temperature
gradient may be negligible (ideally zero), the wall parallel temper-
ature gradient may be significant and the heat conduction along the
thin-skin wall may be the source of some differences. The sensitiv-
ity of the mean flow solution for the 91–6 cooled model to the wall
temperature boundary condition is examined in Fig. 9. A curve fit

Fig. 10 Total temperature and normalized wire resistance;
91–6 model.

to the experimentally measured wall temperature is used as the wall
boundary condition for the mean flow calculation. The distribution
of the calculated and measured boundary-layer thickness, shown in
Fig. 9 over the range of the experimental measurements, agree to
within 2% in the linear growth region (upstream of x = 13 in.); thus,
very little effect of the wall temperature distribution is seen. The in-
creased wall temperature upstream of x = 6 in. has little effect on
the mean flow profiles as well.15 Thus, it appears that the constant
wall temperature distribution is suitable for modeling the mean flow
over the 91–6 cooled model.

Blanchard and Selby’s8 hot-wire measurements were uncali-
brated, and thus, no direct comparisons can be made between mean
flow computations and experimental measurements. Lachowicz
et al.11 observed that the CVA, as with the constant current and con-
stant temperature anemometers, is more sensitive to mass flux when
the hot wire is operated in high-overheat mode and more sensitive
to total temperature when the hot wire is operated in low-overheat
mode. Figure 10 shows a comparison of the normalized mean to-
tal temperature and the normalized hot-wire resistance obtained in
low-overheat mode at x = 9 in. for the 91–6 model with adiabatic-
and cooled-wall conditions. In both cases the measured data show
the overshoot at the boundary-layer edge that is also observed in the
computed total temperature profiles. The magnitudes of the over-
shoot are also in good agreement. However, within the boundary
layer, the difference between the experiment and computation is in-
creasingly larger. One possible reason for the difference is that the
uncalibrated hot wire, although operated in low-overheat mode, has
a constant wire voltage and not a constant overheat.25 Therefore,
the hot wire has different sensitivities to the total temperature and
mass flux, as the wall is approached. Thus, the quantitative trends
across the boundary layer of the uncalibrated hot-wire measure-
ments, in low-overheat mode, may not reliably be compared with
the computed mean total temperature profiles. This serves to empha-
size the need to obtain calibrated hot-wire measurements in future
experiments.

In Lachowicz and Chokani’s7 experiment, a calibration was per-
formed for one of the hot wires. The hot wire was calibrated by deter-
mining the hot-wire sensitivities for a given wire voltage in a series
of known freestream flows. This procedure was repeated for differ-
ent wire voltages. Then, boundary-layer measurements were con-
ducted with the hot wire operated at different wire voltages at each
measurement point to determine the mass flux and total temperature.
The experimentally determined mass flux and total temperature pro-
files using the calibrated hot wire are compared with calculations
in Figs. 11 and 12 for the 93–10 model. At x = 13.5 in., where the
flow is laminar, the agreement between experiment and computa-
tion is very good. Lachowicz and Chokani7 observed that nonlinear
interactions are significant in the flow downstream of x = 15 in.
Therefore, at the more downstream locations, only fair agreement
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is observed between the experiment and computation. These differ-
ences are attributed to the transitional character of the boundary-
layer flow.

The large bandwidth (range of frequencies) is one of the primary
reasons for employing hot-wire anemometry in hypersonic stability
experiments. The bandwidth of the CVA is superior to that of the
constant current and constant temperature anemometers. However,
the time constant of the CVA-operated hot wire is a function of the

Fig. 11 Mass flux profiles, 93–10 adiabatic model: ——, computa-
tional data and �, +, �, and ◦, experimental data.

Fig. 12 Total temperature profiles, 93–10 adiabatic model: ——,
calculated data and �, +, �, and ◦, experimental data.

Fig. 13 Wire Reynolds number: a) 91–6 adiabatic model and b) 93–10 adiabatic model.

Reynolds number (see Ref. 26):

M=
w

1 + aw

1 + 2aw

d2ρwcw

4ka

1

A + B
√

Rew

(8)

Furthermore, as shown by Sarma9 the output voltage of the CVA in
response to a fluctuation in the fluid flow is proportional to a ratio
of the hardware time constant and hot-wire time constant:

e′(s)
u′(s)

∝ 1 + sTc

1 + s Mw

(9)

Therefore, it is of interest to assess the effect of the wire Reynolds
numbers on the fluctuating hot-wire measurements because a fixed
hardware time constant was used in the experiments of Blanchard
and Selby8 and Lachowicz and Chokani.7 This approach of a fixed
hardware time constant enhances the productivity using the CVA.27

However, it may be necessary to compensate for the mismatched
hardware and hot-wire time constants if it is desired to infer quantita-
tive information of the disturbances growth or profiles of disturbance
eigenfunctions. For the 2.5-µm (0.0001-in.)-diam hot wire used in
the experiments, the profiles of the calculated wire Reynolds num-
ber across the boundary layer are shown for various streamwise
locations in Fig. 13. The filled circles denote the boundary-layer
thickness at each streamwise location. The hot-wire measurements
that are used to derive the growth rates are obtained in the outer por-
tion of the boundary layer, 0.9δ–1.0δ, because it is within this range
that the rms disturbance energy is observed to be a maximum.7,8 In
Fig. 13, the wire Reynolds number varies over the range 7–20 for the
91–6 model and 19–30 for the 93–10 model at the boundary-layer
edge. The hot-wire time constant, thus, varies little for measure-
ments conducted at the boundary-layer edge on the 93–10 model,
but substantially for the 91–6 model. Therefore, the hot-wire mea-
surements at the boundary-layer edge for the 93–10 model over the
measurement range of 11.0 ≤ x ≤ 19.0 in., even without software
compensation, are a good quantitative indicator of the disturbance
growth; this is, however, not the case for the 91–6 model over its
measurement range of 9.0 ≤ x ≤ 16.5 in. On both models, over the
height of the boundary layer, the large variation of the wire Reynolds
number, 0–30, indicates that software compensation of the hot-wire
measurements for the mismatched hardware and hot-wire time con-
stants is necessary if eigenfunction profiles are to be derived.

The amplification rates for the 91–6 adiabatic and cooled models
and 93–10 adiabatic model at x = 14, 15, and 16 in. are plotted in
Fig. 14. These results are obtained by determining the range of unsta-
ble frequencies at each streamwise location. The results show three
expected trends. First, for each test case the amplification rates in-
crease with increasing streamwise distance. Second, the effect of ad-
verse pressure gradient and wall cooling is destabilizing. Third, the
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Table 3 Measured and predicted unstable frequency bands
and frequency of most unstable second mode

LST, kHz Experiment, kHz

Model Unstable band Peak Unstable band Peak

93–10 160–240 190 170–275 230
91–6 Adiabatic 190–285 230 225–345 275
91–6 Cooled 220–310 260 235–385 306

Fig. 14 Amplification rates for 91–6 and 93–10 models.

range of unstable frequencies increases as the boundary-layer thick-
ness decreases; thus, the 93–10 model has a relatively low-frequency
band of unstable disturbances, whereas the 91–6 cooled model has
a relatively high-frequency band. This tuning of the most ampli-
fied second-mode disturbances has been experimentally observed
by Stetson et al.,28 Lachowicz and Chokani,7 and Kimmel et al.,29

among others, and was first suggested in the LST analysis of Mack.2

For the 93–10 model, the range of unstable frequencies lie in a band
between 160 and 240 kHz, which is centered on a most unstable fre-
quency of 190 kHz. Lachowicz and Chokani7 measured an unstable
frequency band of 170–275 kHz, centered on 230 kHz. For the 91–
6 adiabatic model, LST predicts an unstable band of 190–285 kHz
centered on 230 kHz, and in the experiment, Blanchard and Selby8

observe a peak frequency of 275 kHz in a band of 225–345 kHz. On
the 91–6 cooled model, an unstable frequency band of 235–385 kHz
centered on a frequency of 306 kHz is measured; a peak frequency
of 260 kHz in an unstable band of 220–310 kHz is predicted by LST.
These results are summarized in Table 3. Doggett et al.24 used the re-
sults of three-dimensional Navier–Stokes computations to examine
the effect of small-angle variations of the most amplified distur-
bance frequency on the 93–10 model. The frequency of the most
amplified disturbance at x = 13 in. changed by 55 kHz with 0.2-deg
change in angle of attack. This observation and the present LST pre-
dictions suggest that, whereas in the experiments of Blanchard and
Selby8 and Lachowicz and Chokani7 the hot-wire measurements
were conducted along one streamwise plane, in future experiments,
it may also be useful to conduct measurements along the 180-deg
out-of-phase streamwise plane to resolve uncertainties with regards
to the most unstable band of frequencies. Note that in linear stability
theory, there is an inherent assumption that the disturbances of dif-
ferent frequencies do not interact, and this may also be a source of
some discrepancy. Another source of error may be the parallel flow
assumption in the LST approach. If initial disturbance levels from
calibrated hot-wire measurements were available, it would be useful
to use the parabolized stability equation approach to examine non-
linear and nonparallel flow effects. Therefore, calibrated hot-wire
measurements are strongly recommended for future experiments.

In Fig. 9, the effect of wall temperature distribution on the mean
flow was examined. The effect of the wall temperature distribution
on the boundary-layer stability is shown in Fig. 15. It is seen that

Fig. 15 Effect of wall temperature distribution on amplification rates.

Fig. 16 Density eigenfunction for 91–6 and 93–10 models at x = 13 in.

the temperature distribution has very little effect on the magnitude
of the amplification rates and, thus, on the boundary-layer stability.
Kimmel and Poggie30 conducted experimental measurements on a
cone at Mach 6 and observed that the presence of a hot nose tip
on the model has little effect on the boundary-layer stability or
transition data. The boundary layer is 5% thicker for the variable
wall temperature calculation (Fig. 8), and thus, the range of unstable
frequencies for the variable wall temperature distribution are 5-kHz
smaller than for the constant wall temperature distribution.

The eigenfunctions of the density of the most amplified distur-
bances for the 93–10 and 91–6 models at x = 13 in. are shown in
Fig. 16. Two peaks in the density eigenfunction are seen at approxi-
mately 30% of boundary-layer thickness and at the boundary-layer
edge. The velocity eigenfunctions are shown in Fig. 17. The peak
in the velocity eigenfunction is at about 25% of the boundary-layer
thickness. The hot-wire anemometer is sensitive to mass flux and
total temperature. The mass flux eigenfunctions (Fig. 18) show two
primary peaks, one that is at 25% of the boundary-layer thickness
and a second at the boundary-layer edge that arise from the dominant
peaks in the density and velocity eigenfunctions. A less pronounced
peak is also observed at 60% of the boundary-layer thickness. The
total temperature eigenfunctions (Fig. 19) show a small peak at 10%
of the boundary-layer thickness, and a larger peak is located at ap-
proximately 75% of the boundary-layer thickness. Because no initial
amplitude of the disturbance is specified in LST, the effects of pres-
sure gradient and wall cooling cannot be assessed from Figs. 16–19.
However, for a given case it is evident that a hot wire traversed
though the boundary layer will give a changing output due to the
variations in the mass flux and total temperature eigenfunctions.
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Fig. 17 Velocity eigenfunction for 91–6 and 93–10 models at x = 13 in.

Fig. 18 Mass flux eigenfunction for 91–6 and 93–10 models at x = 13 in.

Fig. 19 Total temperature eigenfunction for 91–6 and 93–10 models
at x = 13 in.

Fig. 20 From Ref. 7, rms hot-wire output, 91–6 adiabatic model.

Fig. 21 From Ref. 7, rms hot-wire output, 91–6 cooled model.

Uncalibrated hot-wire measurements on the 91–6 model were ob-
tained with the hot wire operated at a high-overheat mode; thus, the
hot wire was most sensitive to mass flux fluctuations. Figures 20 and
21 show the rms anemometer output voltage measured at x = 9 in.
for the adiabatic and cooled models, respectively. The rms output
is a measure of the rms energy in the disturbances. Two peaks are
seen in the measured profiles, one at approximately 85% of the
boundary-layer thickness and a second one at approximately 55%
of the boundary-layer thickness. There are several possible expla-
nations for the double peak seen in the experimental data and the
differences between the experimental and LST results. In the ex-
periment, the wire is traversed across the boundary layer, while the
wire voltage is kept constant. Because the recovery temperature
and wire Reynolds number vary through the boundary layer, the
wire’s sensitivity to mass flux and total temperature vary through
the boundary layer. In Fig. 13, the wire Reynolds number is ob-
served to change significantly over the boundary layer; this change
results in a marked change in the CVA output due to its frequency-
response characteristics. This complex mixed-mode response of the
wire and the variation of the sensitivity coefficients due to the change
in the mean flow emphasize the need for calibrated hot-wire mea-
surements in the future. Note the observation of Pruett and Chang31

that in the experiment the energy of the second mode is distributed
over the range of frequencies of the amplified disturbances, whereas
the computation is performed only for one frequency, in the present
case, the most amplified disturbance.

Conclusions
A computational assessment of two stability experiments per-

formed in the NASA Langley Research Center Nozzle Test Chamber
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equipped with the axisymmetric Mach 6 quiet nozzle has been con-
ducted. The computational assessment consists of two parts: Navier–
Stokes calculations to simulate the mean flow and linear stability
theory to analyze the boundary layer. The objective of this work is
to assess the overall quality of the experimental measurements, in
particular the CVA-operated hot-wire measurements, and to make
recommendations concerning the experimental test procedure. This
assessment is of value in the development of future quiet wind-tunnel
hypersonic stability experiments.

The computed surface pressures are in very good agreement with
the experimental measurements; however, to ascertain the possi-
ble effects of model misalignment, it is recommended that surface
pressure measurements along a 180-deg out-of-phase ray also be ob-
tained in future experiments. Computed surface temperatures also
show overall good agreement with the experiment. The use of a vari-
able wall temperature, fitted to the experimentally measured data,
shows that there is neither a significant effect on the mean flow
profiles nor on the boundary-layer stability due to the temperature
gradient; therefore, it is concluded that the model preheat proce-
dure developed in the previous experiments is satisfactory. The ma-
jority of the experimental measurements are uncalibrated hot-wire
measurements. In the one case where calibrated hot-wire data are
available, the computed and experimental profiles show excellent
agreement in the early stages of the transitional flow. In the latter
streamwise stations, where nonlinear interactions become impor-
tant, differences are seen in the profiles. The computed profiles of
total temperature show very good agreement with the uncalibrated
hot-wire measurements over the outer portion of the boundary layer,
when the wire is operated in a low-overheat mode. The computed
boundary-layer thickness decreases with both adverse pressure gra-
dient and wall cooling; this is consistent with the experimental ob-
servations. However, the comparison of the computed and measured
boundary-layer thickness are subjective because the measured data
are derived from uncalibrated hot-wire measurements.

The unstable second-mode disturbances are tuned to the
boundary-layer thickness; thus, the frequencies of the disturbances
increase with adverse pressure gradient and wall cooling. The am-
plification rates of the unstable disturbances also increase due to ad-
verse pressure gradient and wall cooling. The sensitivity of the hot
wire to mass flux and total temperature is examined using the com-
puted wire Reynolds number and eigenfunction profiles. The analy-
ses suggest that, even when operated in the high overheat mode, the
sensitivity of the hot wire to total temperature is significant. This is
most clearly observed when uncalibrated rms profiles are compared
with eigenfunctions of mass flux and total temperature. The eigen-
functions show multiple peaks, whereas the measurements show
only two peaks. The variation of the wire Reynolds number across
the boundary layer suggests a highly nonlinear response of the hot
wire. Thus, whereas uncalibrated hot-wire measurements are useful
to characterize the overall features of the flow, calibrated hot-wire
measurements are necessary for quantitative flow comparisons with
stability theory.
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